A FLIGHT INVESTIGATION OF STEADY-STATE AND DYNAMIC PRESSURE PHENOMENA IN THE
AIR INLETS OF SUPERSONIC ATIRCRAFT

Frank W. Burcham, Jr,
Aerospace Engineer

and

Donald R. Bellman
Assistant Director of Research, Flight Mechanics

NASA Flight Research Center
P. O. Box 273
Edwards, California 93523

SUMMARY

The difficulty of achieving adequate inlet performance and stability and avoiding engine com-
pressor stalls at supersonic speeds has led the NASA Flight Research Center to investigate the
pressure phenomena in the inlets of several supersonic aircraft. Results of recent tests with the
F-111A airplane are presented showing the inlet steady-state and dynamic performance, The inlet
total pressure distortion that causes compressor stall is discussed, and the requirement for high
response instrumentation is demonstrated. A duct resonance encountered at Mach numbers near
2.0 18 analyzed and shown to be due to a normal shock oscillation at the duct fundamental frequency.
Various statistical parameters are used in the analysis. Another resonance, in the engine fan duct,
is shown to be a possible cause of reduced engine stall margin in afterburning operation. Plans for
a comprehensive inlet study of the YF-12 airplane are discussed including flight tests and full-scale,
1/3-scale, and 1/12-scale wind-tunnel tests.

SYMBOLS

Kp Pratt & Whitney distortion factor (see page 24-5) o angle of attack, deg
M Mach ber A increment

¢h num wg 6t2 ratio of average compressor face total pressure to
;m masgs flow ratio, Py sea-level standard pressure

o
N, fan speed, rpm = 8¢ inlet second cone angle, deg
2 6t ratio of local total temperature to sea-level
p static pressure, kN/m 2
Dt total pressure, kN/m2 standard temperature
Tt total temperature, °K Subscripts:
av average

T, turbulence factor (see page 24-5) rms  root mean square
t time, sec o free stream
w airflow, kg/sec 2 compressor face
X 2.6 fan discharge
R ra;i:dos (:};tai?ci(') ix))(l,ef ixie:aéﬁ‘:t C(;{WI lip 3 low pressure compressor discharge

84 56pcm P v 4 high pressure compressor discharge

INTRODUCTION

Aircraft that have air-breathing propulsion systems and fly at transonic and supersonic speeds have the problem
of achieving adequate inlet pressure recovery for efficient operation of the propulsion system without producing un-
desirable conditions such as flow distortion and fluctuations which can often lead to compressor stalls and inlet un-
starts. A better understanding of these inlet conditions is needed to improve techniques for designing inlets on future
aircraft. However, such complex flows are difficult to predict theoretically and to duplicate accurately in ground
facilities. Therefore the NASA Flight Research Center at Edwards, California, has a continuing program to measure
steady-state and dynamic conditions within jet engine inlets in full-scale flight.

This program was started on the XB-70 airplane and later extended to two F-111A airplanes. Results of the
XB-70 tests are presented in references 1 and 2. Reference 1 also describes the instrumentation used in the later
F-111A tests. Initial results from the F-111A flight tests are presented in reference 3, and additional data together
with an analysis which conclusively shows the need for high response instrumentation in relating inlet flow distortion
to the occurrence of engine compressor stall are given in reference 4.

In the first F-111A airplane, steady-state and dynamic pressure rakes were alternated at the compressgor face
and intermixed throughout the inlet duct. In a later series of tests on a second airplane, the dynamic and steady-
state pressure measurements at the compressor face were both increased from 20 to 40 by using rakes which per-
mitted each sensor to measure abgolute pressure levels as well as dynamic fluctuations. Propulsion system data
were recorded in flight maneuvers at Mach numbers up to 2.2 and at altitudes up to 15,000 meters for various power
settings and inlet geometry conditions.

This paper presents results from both F-111A flight programs with emphasis on the dynamic flow conditions
within the inlet and fan ducts. Plans and preparations for the extension of these propulsion system studies to another
type of inlet and to a Mach number of 3 using a YF-12 airplane are also described.

DESCRIPTION OF F-111A AIRPLANE

The F-111A airplane is a current multimission tactical fighter with variable sweep wings. With the wings in the
forward position, the airplane is capable of short takeoff and landing and efficient subsonic cruise. With the wings



swept, the airplane is designed for supersonic dash
capability at sea level and Mach 2.5 at altitude.

The two F-111A airplanes used in the NASA
tests were both early models, numbers 6 and 12
(fig. 1). The only significant differences between
the airplanes for these tests were in the inlet, as
discussed later.

Propulsion System

The left propulsion system of the F-111A air-
i plane is shown in figure 2. Thrust is provided by
/- Blow-~in-~door two TF30 afterburning turbofan engines mounted in

] —)} ejector the aft fuselage. The engines are equipped with
o nozzle blow-in-door ejector nozzles that admit external

air at low speeds Lo control nozzle expansion. Air
is supplied Lo the engine by an inlet mounted under

~“Subsoni the wing glove followed by a short subsonic diffuser.

/" diffuser

! TF30 afterburning . R .
<N _—T 5 turbofan engine Engine.— The TF30-P-1 engine has approximately
& . 80, 000 newtons of thrust and a nominal bypass ratio

Variable geometry™.
external compression
intet

Figure 2. F-111A left propulsion system.
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Figure 3. TF30 afterburning turbofan engine and
appropriate station designations.

of 1.0, Figure 3 is a schematic view of the engine.
A three-stage fan and a six-stage low pressure com-
pressor is driven by a three-stage turbine at N;

speed. A seven-stage high pressure compressor is
driven by a separate turbine. Rated airflow is

110 kilograms per second and overall compression
ratio is 17 to t. A five-zone afterburner is located
in the combined fan and core streams. The engines
tested were equipped with sixth-stage bleeds to in-
crease the distortion tolerance of the compressor.
These bleeds were usually opened for Mach numbers
above 1.8. The engines tested in the two airplanes
were essentially identical. More information on the
engine is included in references 4 and 5.

Inlet.— The air inlet shown in figures 4 and 5
is a variable-geometry external-compression type
and is approximately a 90° segment of a double
cone axisymmetric inlet, Inlet geometry can be

varied by translating the compression spike fore and aft and by varying the second conical ramp (cone) angle from

10.5° to 24°. The first conical ramp is fixed at 12.5°.

At low speeds the spike is forward and the cone is collapsed, as shown in figure 4, At high supersonic speeds,
the spike is aft and the cone is fully expanded. This configuration is shown in figure 5. Positions of the spike and
cone are normally controlled by an automatic inlet control system, described in reicrence 6. The left inlet geometry
could be manually positioned by the pilot to any desired position on both test airplanes.

Two different cowl lip configurations were tested. A sharp lip cowl (fig. 4) was tested on both airplanes. A
cowl with a blunted lip (fig. 5) was flown on airplane number 6 for several flights. This cowl, in addition to the more
rounded lip, was drooped and cut back 5 centimeters over the inboard part and had a slightly larger capture area.

Fuselage and splitter plate boundary-iayer bleed
Wing glove boundary-layer bleed
\

-~ Cone YBoundary-layer bleed

Figure 4. Photograph and two-view drawing of the F-111A4

inlet with sharp lip cowl installed, spike full forward, and
cone fully collapsed.

AN

{porous surface)

} Blunt lip cow!

Figure 5. Photograph and two-view drawing of the F-111A
inlet with blunt lip cowl nstailed, spike full af}, ard cone
fully expanded.

Subsonic diffuser.— The inlet subsonic diffuser (fig. 2) turns inboard and changes in shape from a one-quarter
circle near the inlet to a circular shape at the compressor face in a relatively short length, The cross-sectional area
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Figure 6. Inlet duct area distribution for F-1114
number 6 and number 12.
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distributions for both airplanes are shown in figure 6. It
can be seen that the latter configuration (airplane number 12)
diffuses the air more gradually in the middle part of the
duct. Vortex generators (fig. 7) are installed to minimize
separation in the duct and to improve the pressure distri-
bution at the compressor face.

Boundary-layer removal system.— The F-111A inlet
incorporates several regions of boundary-layer removal
to prevent low energy air from entering the inlet. Fuse-
lage, splitter plate, and wing glove bleed scoops are shown
in figure 4 and porous bleed on the second cone surface in
figure 5.

INSTRUMENTA TION

Figure 7 shows the location of pressure measurements
in the left inlet of the F-111A airplane. Table 1 describes
the number of measurements, their sampling rates, and
their frequency responses for the airplanes, Miniature

\T7 Fan duct
rakes

Compressor face rakes

Vortex generators

. - Cow! lip rakes
\— Shock position probe

Figure 7. Inlet and compressor face pressure instrumentation.

TABLE 1.- NUMBER OF MEASUREMENTS, SAMPLING RATE, AND FREQUENCY

RESPONSE OF PRESSURES IN THE F-111A INLET

transducers were located in the two cone
rakes, the shock position probe, the duct

rakes, and the diagonally oriented com-

Number of
Locatlon of pressures measurements Samples Frequency pressor face rakes to provide high fre-
’ N . per second ( response, Hz uency response. Conventional probes
F-111A | F-111A P
no. 6 | no. 12 connected by tubes to remotely located
Cone rake: transducers were used for the cowl lip
ST;‘S' pressure g - :83 ggg rakes, the horizontal and vertically
C pressure -
Cowl lip: oriented compressor face rakes, and in-
Total pressure 12 -- 200 100+ ternal engine instrumentation. The tube
o :lau;gr:ssu;se ;{ - ;gg :gg: lengths limited flat frequency response
aho¢ [o: 0 T h - - .
Inlet daee, o0 P to about 50 hertz. Details of the instru-
Total pressure 4 -- 200 100 mentation on airplane number 6 are in-
c Static PFFSS‘"C 1 - 200 100 cluded in references 1 and 3 through 6.
ompressor face:

Total pressure, tow response 20 . 50 10 Differential pressure transducers were
Total pressure, high response 20 40 400 200 used for all measurements except the
C"m;;_“;!;;"”“m ) . \nal 1000 internal engine measurements. Some of

otal pressure Analog . : :
Static pressure 16 M 200 100% the techniques used to obtain the dynamic
Fan duct total pressure 4 .- 200 100+ pressure measurements are described in
Low compressor discharge static pressure 1 1 200 L00°* reference 7.
High compressor discharge static pressure 1 1 200 100# erence

*Parameter filtered at 40 hertz prior to digitizing; amplitude uncertain above 10 hertz,

subject to large zero shifts due to temperature changes, and their steady-state values were not reliable,
response compressor face rakes were flown in airplane number 12,

The miniature transducers gave good
values for dynamic pressure but were
Eight high
These were a special type with in-flight nulling

capability to determine the transducer zero, as often as desired, so that steady-state as well as dynamic values

could be obtained. Details of the rake design are presented in reference 7,

rake installation at the engine compressor face.

A schematic view of this rake is shown in figure 9.

Figure 8 is a photograph showing the
Figure 10

shows an example of the rake zero checks made on two compressor face total pressures before and after a compressor

stall,
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Figure 8. Photograph of the TF30 Figure 9. High response compressor Figure 10. Compressor face rake pres-
engine showing the compressor face rake with in-flight nulling capa- sure zeros before and after a stall.
face rakes with in-flight nulling bility.
capability.

The need for the zero checks can be seen in figure 11, which shows the traces of 2 compressor face rake pres-
sures over a 3-minute period of flight.
o Rake zero —— ~ During this period, the airplane decelerated
o DT T /‘ii‘::f —— from M _= 1.9 to 1.2 and accelerated back

10:30 rake U ——————— -{—R—'—H- to M_=1.5. Six rake zeros were taken
AD‘Z' 0 : 1l J during this time. The dashed line is faired
KN/m2 ! H H \‘ L Rake zero, ‘7 through the zeros for each pressure. The

|‘ i iy ground \ in-flight zeros are well above the zero value
35 A | oo L ;Q@ljbfa!mn“_, _ ,_i‘ that occurred on the ground calibration.
Zeros for the 6:00 rake pressure shift back
3517 : : i toward smaller errors with the decreasing
6:00 rake 1 : tempe rature, but the 10:30 rake pressure
Ath. _____ e S | S zero increases with decreasing temperature.
) 0 i I T Rak_e ;e;()— T Also, the shifts are not consistent functions
kN/m ‘ 1 | l ground’ \ of temperature, but lag or lead unpredictably.
35 ‘l o § | ‘ | “ _chlibrationiL i These inconsistencies made it impossible to

compensate for zero shifts by measuring the
rake temperature near the transducer.

Frequency response of the inlet pres-
sures was determined, and results are shown
in reference 1. The nulling compressor face
rake acoustic response is flat to 400 hertz

250 ——— T e d usable, with bl tions, t
3.5 and usable, wi reasonable corrections, to

0 5 1.0 Timélz'smin 2.0 2.5 1000 hertz.

. ) . \ Additional instrumentation, described in

Figure 11. Time history of F-1114 compressor face que pressures reference 6, was used to determine total

showing zero shifts with temperature during supersonic flight. temperature, engine airflow, airplane Mach

number, altitude, angle of attack, inlet spike and cone position, and the value of the reference pressure supplied to the
diffe rential transducers.

DATA RECORDING

Output signals from the transducers were digitized by pulse code modulation (PCM) systems and recorded on mag-
netic tape. Two PCM systems were used, each with 77 channels sampled 200 times per second. The compressor face
pressures were sampled 400 times per second by using two channels for each pressure, thus allowing frequency analysis
to be extended from 100 hertz to 200 hertz. All compressor face pressure signals were filtered electrically prior to
digitizing, to remove high frequencies, with cutoff starting at 200 hertz. Two of the compressor face pressures were
also recorded on a wide-band frequency modulation (FM) system to permit analog analysis to much higher frequencies.
These two chamels were filtered, with cutoff starting at 1000 hertz, pricr to recording.

Outputs of the PCM and FM systems were recorded on an onboard tape recorder, Partof the data was also tele-
metered to the ground to permit real time data monitoring and analysis.

DATA REDUCTION
Flight tapes containing the digital data were processed using 2 digital computer. Voltage monitor corrections and
zero corrections were incorporated, and calibrations were applied. Output data were available in the form of parameter
listings, calculated performance time histories, time history plots, and cross plots. The digital data were statistically
analyzed by a digital compute r program,

Analog pressure data and digital pressure data converted to analog data were processed by using a hybrid spectrum
analyzer. In some instances, this system was used for real ime analysis of pressures during flights.

DATA ANALYSIS
Several parameters are used in this paper to describe and analyze the pressure fluctuations observed in the inlets.
Instantaneous Parameters

A parameter which can be calculated with one sample of data from each pressure may be said to be ' instantaneous, "



24-5

within the limitation of the sampling rate of 400 per second,

Pressure recovery.— The compressor face average total pressure recovery is calculated by averaging the probe
values and dividing by the free-stream total pressure.

Distortion factor, Kp.— A distortion parameter derived by Pratt & Whitney for the TF30 engine is the Kp param-

eter. It considers the circumferential extent of distortion and weighs distortion near the engine hub more heavily than
at the tip, The Kp parameter is defined as follows:

@),
£(@)

where
r a particular ring of total pressure probes
(ép) =M X 100, in percent, for a particular ring

P A Pty

ptav average pressure per ring pt
ptmin minimum pressure per ring Pt
d, outer dlameter of duct av
dp diameter of a particular ring p‘min

0y circumferential extent of largest single pressure depression
below ptav’ in degrees, for a particular ring (see adjacent

sketch)
n number of measurement rings

Circumferential position, deg

Statistical Parameters

Computation of statistical parameters such as those discussed below requires a considerable amount of data. These
parameters are described briefly here; more rigorous definitions are presented in reference 8,

Turbulence factor, Ty.— The dynamic activity of a fluctuating pressure is indicated by the turbulence parameter,

Ty» defined as the root mean square total pressure level divided by the average total pressure.

Ptrms
W=
2ay
Power spectral density, PSD.— A useful parameter for detecting predominant frequencies in a fluctuating pressure
is the power spectral density parameter, PSD. It is also useful in comparing data from separate sources, such as
flight data to wind-tunnel data or ground facility data, The square root of the area under the PSD curve is equal to the
turbulence factor.

Coherence.— The coherence function provides a measure of the extent to which the pressure fluctuations at two
probes arise in common sources, that is, the linear interdependence of the two pressures, at a specific frequency.
Coherence ranges from 0 (no interdependence) to 1.0 (perfect interdependence). Coherence values less than 0,2
generally indicate no significant interdependence.

Phase angle.— The phase angle function provides an indication of the time delay between the two pressures as a
function of frequency. For example, two pressures with a common frequency are 180° out of phase if at an instant of
time one pressure is at a maximum while another pressure is at a minimum.

with an equivalent filter bandwidth of 2 cycles. A total of 1024 data points (5.12 seconds) was used for the cowl lp rake,
shock position probe, duct total and static pressures, and engine pressures, all of which were sampled 200 times per
second. The statistical parameters were valid for frequencies up to one-half of the sampling rate (ref. 8); however,
some of the pressures were filtered to less than one-half of the sampling rate because of the probe resonant frequencies.

Power spectral densities calculated from the analog recording system were extended to 1000 hertz, even though the
probe response was not flat beyond about 400 hertz, Eight seconds of data were used with an equivalent two-cycle band-

width filter.
Duct Resonance Analysis

The formula for the resonant frequency of a pipe open at one end is given in reference 9 by

= ¢
=30
where

f; first fundamental frequency of the pipe

¢ speed of sound, m/sec
! pipe length, m
a average pipe radius, m
If the flow velocity in the pipe is not small, the following correction can be made:

/ 2
fi = fi(l - Mdav )
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where
fi’ first fundamental frequency corrected for flow

Mdav average Mach number of the flow

The quantity Mq,, Wwas determined by calculating the Mach number at several duct stations using the known engine air-
flow and the duct area distribution, and averaging the results. Substituting for the speed of sound, this becomes

Tt
1+ 0.2Mg,,2
£ = 20,4 " (1 - Mg, 9
2(1 + 0.82a)
For the F-111A inlet duct
1 =4m, a=0.4m
80
2
oo (- Mgy,
fi’ =2.38 \/»Tt -—____—__%—:
1+0.2Mg,, 2

For the engine fan duct resonance
l =2.74m, a=0.3m

2
(1 - Mday)
! v
ff = 3.4\ T ———
Vi 0.2Md, 2

RESULTS AND DISCUSSION

Steady -State Performance

The steady-state performance of the inlet is shown in terms of the inlet total pressure recovery and distortion
factor, as a function of mass flow ratio and angle of attack, for a Mach number of about 2.15. Wind-tunnel data from
a 1/6-scale model (ref. 10) are also shown for comparison. As shown
in figure 12, the flight recovery data are relatively insensitive in the sub-

—— 1/6-scale wind tunnel, Mo, =2.20, critical region to mass flow ratio and are slightly lower than the wind-
8c=24°, a =5" (ref. 10) tunnel results. The inlet becomes unstable at a mass flow ratio of about
o Flight, F-111A number 6 0.80, as predicted by the wind-tunnel results. An inlet duct resonance
,'v\ =2.17, 9. =28° ('1 =4 discussed in a later section occurs between m/mg = 0.89 and 0. %4.
1200 The operating point, m/mg of 0.97, is above the resonance mass flow
K 1000 Boo and appears to represent slightly supercritical operation. The lower
D 800 oo Cﬂﬁo mass flow and recovery are probably due to fuselage boundary-layer
soolL L [ 1 & 1| ingestion which did not occur in the wind-tunnel tests. The Kp distortion
o factor increases rapidly with increasing mass flow ratio except for mass
.88 Operating line flow ratios near the stability limit. Values of Kp 2t the operating point
Recovery, 86 B are near the stall value, as will be discussed in the compressor stall sec-
thav ' tion. Data obtained at a slightly lower Mach number are shown in figure 13
Duct as a function of angle of attack. Both recovery and distortion increase as
Ploo resonance - /1 angle of attack increases from 2° to 6°, Further increases in angle of
: ] attack have only a small effect on recovery and distortion. A single wind-
76.80.84 '8:]/"32 -961.001.04 tunnel data point at o= 5.5° agrees well with the flight data.
]

Using the manual inlet control system, the left inlet could be operated
at off-schedule positions of the inlet spike and cone. Variations in inlet
recovery, distortion, and turbulence factor as a function of inlet spike and
cone position are reported in reference 6 for F-111A number 6. A typical example is shown in figure 14 at a Mach
number of 1. 60. Recovery, distortion factor, and turbulence factor are plotted as functions of spike position with the
cone fixed and as functions of the cone angle with the spike fixed. The automatically scheduled positions are nearly
optimum at this flight condition. Moving the spike aft has only a small effect, but moving the spike forward increases
the turbulence factor and Kp and results in compressor stall. The cone can be fully retracted, but Kp and turbulence

Figure 12. Effect of mass flow ratio on
inlet recovery and distortion.

0 Cone fixed at 16° Spike fixed at

12001~ X/R =1.81
Tu,
1000 —— Flight, F-111A number 6, percen |
Kp oc=24°, M=2.08 - e Stall
800 o 1/6-scate wind tunnel, 1200 J Automatic
Moy =2.20, 0c=20°e. 10 1000 - L schedule
88— 600 .
Recovery, s} 400 Lo [l B
P,y <86 Recovery, .94
v Pty .92E S Ej E
Ploo .84 [ S VO N B —¥ 9pi-
0 2 a4 6 8 1o I P . 4ol
«, deg 1.6 1.8 2022 10 14 18 2
XIR o, deg
Figure 13. Effect of angle of attack on inlet recovery Figure 14. Effect of spike and cone position on inlet

and distortion. performance al Mach 1.60.
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rise to near the stall level. Expanding the cone decreases recovery and increases turbulence and distortion and causes
a compressor stall,

Dynamic Analysis

Compressor stall analysis.— The occurrence of TF30 engine compressor stalls in the F-111A airplanes could not
be satisfactorily correlated with inlet conditions until dynamic pressure measurements were made at the engine com-
pressor face (ref. 4). Four of the eight compressor face rakes tested in F-111A number 6 were low response types
and were used to obtain low response inlet recovery and distortion. A typical time history of the inlet distortion leading
to compressor stall is shown in figure 15. At the time the stall was initiated, the low response distortion calculated
at 50 samples per second was slowly decreasing with no indication of the approaching stall. The other four compressor

face rakes, using the high response miniature transducers

and picking up the high frequency pressure fluctuations, were
~—Stall used to calculate the same distortion factor at 400 samples
per second. A peak occurs about 15 milliseconds prior to the
stall. As explained in reference 4, 15 milliseconds is the
time required for the distortion to reach the high pressure

K 1400,  Stall initiation ~

R

D
thigh response, 1000
400 samples  gqg

per second) § compressor stages in which the flow breakdown occurs and
200 ! CZ for the resulting hammershock to propagate back to the com-
Kp 1000 ‘ pressor face, The time interval agrees well with intervals
{low response, L/\Wf obtained in ground facility tests of a TF30 engine at the NASA
50 samples 600 : —= Lewis Research Center (ref, 11). The average levels of the
per second) 0.1 ,2. 3.4 .5 .6 two distortion factors are about the same, but the dynamic
Time, sec pressure fluctuations cause the high response Kp to vary

by +50 percent. The peak in the Kp that caused the stall

Figure 15. High and low response distortion factor lasted only a few milliseconds.

for a compressor stall at Mach 1.60.

This peak in distortion factor 15 milliseconds prior to a compressor stall occurred in each of the 25 stalls analyzed
from F-111A number 6. However, in some instances, this peak was not as high as other peaks during a previous data
run. This was attributed mainly to the use of only four high response rakes. Reference 12 shows that five or more
rakes are desirable. F-111A number 12 tests with eight high response rakes yielded more consistent distortion peaks
prior to stall. Because of their in-flight nulling capability, the absolute level of each pressure, and, hence, the overall
distortion factor levels were more accurate. Figure 16 compares the distortion factors for a stall using all eight rakes,
only the diagonal rakes, and only the vertical and horizontal rakes for the same set of data. The eight rake Kp value

at the time of stall initiation is higher than any previous peaks, but the Kp value calculated from the horizontal and

vertical rakes is lower than many previous peaks and is therefore not a good indication of the stall. The diagonal rakes
give almost 2s good an indication as all eight rakes because, in this instance, the lowest total pressure and the highest
turbulence is in the region surveyed by the 7:30 rake.

Instantaneous total pressure maps were made from the F-111A number 12 40-probe data. A series of six maps
taken in 23 milliseconds is shown in figure 17 for the compressor stall data of figure 16. The first two maps were
taken prior to the stall initiation. Map 3 shows the high distortion that caused the stall with the Kp value of 1367. Maps

4 and 6 were taken while the stall was developing in the compressor, and in map 6 the high pressure hammershock wave

appeared in the middle of the compressor face. .
Stall initiated
Stall
1400~ Stall initiatjon~)

1200 @

t =0.562 sec
Kp =1174 Kp =1085 Kp =13

t=0.565 sec
1367

o)
A\

5>
1=0.572 sec t=0.577 sec t =0.580 sec
0 .1 23 .4 5 6 Kp=1250 Kp =1042 Hammershock
Time, sec
Figure 16. Effect of the number of rakes on the distortion Figure 17. Instantaneous compressor face maps for a stall at
factor, Ky, forastallat M_= 2.0, Mach 2.0. Numbers indicate total pressure recovery, percent.

A buildup in the distortion is evident in maps 1, 2, and 3 as the low pressure (dark) area moved toward the hub and
enlarged and the high pressure area increased in size. The high distortion lasted only 3 milliseconds (about 1/2
rotor revolution) and in the next sample, map 4, the distortion was considerably lower. The appearance of the hammer-
shock near the hub is consistent with the occurrence of the stall in the compressor stages and not in the fan.

Studies of the pressure fluctuations that occur in the inlet flow just prior to stall often reveal an out -of-phase relation-
ship. This is shownin a "drift" type of stall (fig. 18), with the 1:30 rake pressures all rising and the 7:30 rake pres-
sures all dropping at the same time. Although no particularly high or low pressure peaks occurred, the out-of-phase
effect raised the distortion factor to a predominant peak and caused a compressor stall.
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The Kp values at stall are summarized in figure 19 as a function of corrected engine airflow. Most of the data

points are from F-111A number 6, but a few points from F-111A number 12 are shown and agree well with the F-111A
number 6 data. Values of Kp at stall increase with corrected engine airflow. The sixth stage bleeds increase the Kp

values at stall about 200, Stalls encountered without afterburning showed an additional Kp margin of about 150.

80y, Ring number o F-111A number 6 ;
Afterb

kN2 O F-111A number 12 o oS

1800 Solid symbols - 6th stage bleeds open
Apt. Flagged symbols - no afterburning
kN/m2 1600
Apy,
kN/m? Kp 1400
Apy, — - 1:30 rake
N/m2 ¢ : T = 1:30 rake 1200

1500, Stall initiation  stall
ool L i i | | { i
' w2 \oty L
& corrected engine airflow, kg/sec
2

Figure 18. Pressure traces on opposite sides of the Figure 19. Summary of instantaneous distortion factor, K, values causing
compressor face and distortion factor, Kp, for a stall stall for F-111A number 6 and number 12. All data adjusted to Reynolds
at M _ =217 number index of 1.0.

In the previous discussion, only the distortion parameter, Kps was presented; however, several other distortion
parameters were also used. Some of these were discussed in reference 4. The Pratt & Whitney Kg parameter and the
Rolls Royce DC (0) parameter have also been used for the F-111A number 12 data. Evaluation of these parameters is
continuing.

The "instantaneous' distortion type of analysis is ideally suited to flight-test analysis of stalls, because only a few
seconds of data leading up to the stall must be analyzed. In ground facility tests, many hours of test time are accumu-
lated and it becomes prohibitively expensive to calculate instantaneous distortion factors for all the data. Reference 13
discusses statistical techniques for predicting the maximum distortion and relates it to the measured instantaneous dis-
tortion. Data from ground facility tests using actwal engines may be analyzed by using the instantaneous distortion tech-
nique. Reference 14 presents results of wind-tunnel and altitude facility tests of a variety of engines, in addition to the

flight data shown here,

Inlet duct resonance.— A resonant mode of the inlet duct has been observed in the inlet pressure data at certain
flight conditions. The resonance was first detected in PSD plots of compressor face total pressures, for example, fig-
ure 20, which shows a PSD of four compressor face pressures from F-111A number 6 at M = 2.0, The resonant fre-
quency of 27 hertz is evident on these probes, and a harmonic at 54 hertz can also be seen. Pressure traces for these
same four probes are presented in figure 21. The 10:30 and 1:30 rakes have an obvious 27 hertz fluctuation. The
4.30 and 7:30 rake pressures show very little evidence of the resonance, and the power spectral densities of figure 20
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Figure 20. PSD's of four compressor face tolal pressures Figure 21. Time history of compressor face lotal pressures during
during duct resonance at M =20 duct resonance at M, = 2.0.

are required to detect its presence. Coherence plots showing the degree of interdependence between two pressures are
presented in figure 22, The 10:30 rake pressure is compared to the 4:30, 7:30, and 1:30 rake pressures, and the co-
herence is highest for the 1:30 pressure. Phase angle plots between five pressures on the 1:30 and 10:30 rakes are
shown in figure 23. At the 27 hertz resonance, phage angles of about 180° are seen, whereas at other frequencies,
phase angles are random, This 180° phase angle can also be seen in figure 21 between the 1:30 and 10:30 rake pressure

traces.

The magnitude of these fluctuations and the out-of-phase condition suggested that the compressor face distortion
might be strongly affected by the resonance. The distortion factor was calculated for the data shown in the previous fig-
ures, and the 27 hertz fluctuation is obvious in figure 24. The peak Kpy values are almost high enough to cause a com-
pressor stall, An instantaneous map taken at the high Kp value shows a very high recovery region at the 1:30 rake
and a very low recovery region at the 10:30 rake. This contrasts with the normal map at the lower Kp.

This duct resonance was usually observed at Mach numbers between 1.3 and 2. 1. Its occurrence, strength, and
frequency were found to be functions of the inlet geometry position, engine airflow, and free-stream Mach number.
Intensity of the resonance was plotted qualitatively on a plot of spike position versus cone angle (fig. 25). A region of
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low and high recovery areas seen at the compressor face in figure 24,
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Figure 23. Phase angle between 1:30 rake

and 10:30 rake pressures during duct

resonance, M = 2.0. ’ during duct resonance at M_=20
the strongest resonance existed at a particular combination of spike and
cone settings. The inlet control system automatically set the spike and
cone in this region between Mach 1.9 and 2. 05 on F-111A number 6 as
indicated; however, with the manual inlet control system, the pilot
could set the inlet geometry to off-schedule positions. The F-111A
number 12 automatic schedule positioned the spike farther aft, and
only weak resonance was encountered in the automatic mode. The spike
position for strongest resonance places the inlet minimum area slightly
inside the cowl lip (figs. 5 and 6) particularly with the blunt lip cowl,
whereas the cone position results in an inlet throat Mach number of
about 1.0, This situation might permit the inlet terminal shock wave to
oscillate between the normal external position and an abnormal internal
position,

Figure 24. Distortion factor, Ky, and
instantaneous compressor face maps

Power spectral density plots for the cowl lip rake total pressures,
cowl lip rake static pressures, inlet duct total and static pressures,
and shock position probe static pressures are presented in figures 26(a)
to (d), respectively, These plots show evidence of the resonant fre-
quency everywhere except on the cowl lip total pressures on the inboard
side of the inlet. The resonance is extremely strong at the upper part
of the inlet near the cone surface. A rake located in this area shows a
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(b) Cowl lip static pressures.
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Frequency, Hz
(c) Shock position probe static
pressures.
predominant separation and reattachment cycle, as seen in figure 27, which
shows the rake total pressure and the static pressure at the rake base. The
distortion factor from figure 24 is repeated, and the direct effect can be

easily seen at the compressor face with the
transport time.
sure levels,

slight delay due to the duct
The highest Kp peaks follow the lowest inlet rake pres-

These results suggest that the normal shock wave oscillation occurs as
shown in figure 28. The shock wave is inside and nearly stable at the lower
part of the inlet and jumps from the inte mal to the external position at the
top. The shock wave moving forward separates the boundary layer on the
cone, causing the extreme fluctuations seen in figure 27 near the cone sur-
face., This separation generates additional oblique shock waves upstream
of the normal shock, which momentarily result in high pressure recovery
near the upper cowl lip. This combination of low energy separated flow in-
board and high energy air outboard then flows down the duct and causes the
As this is happening, the shock wave returns to

Numerous phase angle and coherence plots and studies of time histories that are not shown sub-
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Figure 27. Comparison of inlet cowl lip rake lotal and Figure 28. Sketch of the inlel showing the normal shock wave in

static pressures with compressor face distortion factor, the external and internal pusition.

K, during duct resonance at M_ =20

The precise frequency of this cycle is governed by the static pressure pulse generated by the movement of the

normal shock wave. The duct acts as an open pipe and, at or slightly inside the compressor face, the wave is reflected
back to initiate another shock movement. A simple formula for a pipe open at one end corrected for flow effects was
described earlier and approximately predicts the observed resonance frequencies and their variation with engine airflow
(duct Mach number) and free-stream Mach number (total temperature).

40 o E-111A number 6 Figure 29 shows the frequency predicted by this formula as a
a F-111A number 12 function of the average duct Mach number for a total temperature
—— Open pipe formula representative of Mach numbers of about 1.8 to 2.1. Data points

shown are the measured frequencies from F-111A number 6 and agree
well with the calculated frequencies. Data from F-111A number 12
are algo shown and are consistently higher in frequency and lower in
Moc=2.1 average duct Mach number than those for the number 6 airplane be-
cause of the different duct area distribution (fig. 6).

{see page 24-6)
30
Resonant
frequency,
Hz
20 Moo =1. The resonance disappears from digital power spectral densities
at airplane Mach numbers below about 1. 8, probably because the
normal shock wave is stably positioned outside the duct. However,
very weak resonant fluctuations can be seen in the analog power
L | spectral densities in certain regions of the compressor face where

10 I it random fluctuations are very small, at lower supersonic and even sub-
.40 .50 .60 .70

sonic Mach numbers.
Mdav’ average duct Mach number

At Mach numbers between 2.1 and 2.3, the resonance is not
Figure 29. Comparison of measured resonant seen except at reduced mass flow ratio (fig. 12). At the higher mass
frequency to theoretical open pipe frequency. flow operating point, the normal shock appears to be inside the inlet
F-111A inlet duct; M = 1.81o 2.1. (supercritical); and at lower mass flows (below 0,89 m/m,), the
shock is stable outside the inlet (subcritical operation). Only in the 0,89 to 0,94 m/m, range is the shock wave suffi-
ciently unstable to sustain the resonance.

Rotor Speed Harmonics

Other discrete frequencies detected in the compressor face total pressures arc the rotor speed frequencies and their
harmonics. These frequencies are generated by shock waves from the blade tips operating at supersonic speeds and
result in the multiple pure tone noise discussed in reference 15. The low pressure compressor frequency is typically
150 hertz and was detected in digital power spectral densities. Analog power spectral densities of pressures filtered

above 1000 hertz showed the 150 hertz peak
and many more peaks due to the high pres-
- TRy sure compressor rotor speed and harmonics
ourer Pundamental. pee o= of both rotor speeds. An example is shown
T 3 ol in figure 30. The most predominant peaks
rosonanee in thesc data and in most other data are

Low ritor 145 son | B [Su0 ) T26]8T0

e o the fundamental and the fourth and fifth har-
R ¢ awolazofosol -4 monies of the Np speed. Peaks at 400 and
Flevttieat 400 A0 f---f---]- -}

wer 800 herts are due to the 400 hertz power
| supply frequency in the airplane. When the

-7
10 0 1'2601 4(1)(7)7“6(1)0‘ 860 1000 fan tip speed was subsonic, these frequencies

were not evident.

Frequency, Hz

Fan Duct Resonance
Figure 30. Analog PSD of a compressor face total pressure showing
various peaks due to duct resonance, rotor speeds, and power supply. A resonance detected in the fan duct and
engine is believed to be due to a fan duct oscil-

lation at a frequency of about 50 hertz, The i{nstrumentation in the engine was not designed for high response; however,
the sampling rate is sufficient for valid power spectral densities to 100 hertz. Probe resonance and data filtering make
amplitude response uncertain above 40 hertz, but the predominant 50 hertz resonance is believed to be valid. Power
spectral densities showing the eight fan duct total pressures and the low and high pressure compressor discharge static
pressures are shown in figure 31. Figure 31{a) shows data for a Mach number of 2. 04 with partial afterburning of the
left engine. The spike at 50 hertz is evident in all the pressures. Figure 31(b) shows power spectral densities for the
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same pressures at M_ = 2.08 with the afterburner not lit, and there is a complete absence of any predominant fre-

quencies up to the maximum value of 100 hertz. A third PSD is shown in figure 31(c) at M_=2.15 with maximum
afterburning. It shows a definite resonance at 50 hertz, but the resonance is not on all probes and is of much less
magnitude than that for the partial afterburning condition in figure 31(a).

Pressure
_— pt2.6 (fan duct rakes)

108 [ I
0 20 40 60 8 100 0 20 40 60 8 100 0 20 40 60 8 100
Frequency, Hz Frequency, Hz Frequency, Hz
(a) Partial afterburning, M _ = 2.04. (b) Nonafterburning, M_ = 2.08, (c) Maximum afterburning, M_ = 2.15,

Figure 31. PSD of fan duct and engine pressures.

The fact that the resonance appears in the low and high pressure compressor as well as in the fan duct indicates
that the pressure fluctuation is propagating through the fan stages into the compressor. This may explain the observed
decrease in engine compressor stall margin with the afterburner lit, shown in figure 19. The relationship between the
fan duct resonance and the afterburner operation suggests that a combustion instability is involved. The afterburning
flame front may oscillate and generate pressure pulses which propagate back up the fan duct and reflect off the fan stages.

Although there are many modes of combustion instability, the most common is probably the longitudinal mode.
Using the distance from the fan discharge to the afte rburner flameholder, and a fan duct Mach number of 0.4, the same
organ pipe equation used in the inlet duct estimates a fan duct frequency of 53 hertz, which is sufficiently close to the
observed frequency of 50 to suggest that it may be the mode causing the fluctuation. Phage angles between the 10:00
and 2:00 fan duct pressures at 50 hertz are near 0° which also suggests a longitudinal mode. Reference 16 discusses
afterburner instabilities and analytical techniques for predicting the frequencies and amplitudes.

FUTURE PROGRAMS

To acquire the depth of understanding necessary to apply generally the information obtained on the nature of inlet
dynamics to future aircraft, several different types of inlets
need to be studied. The F-111A tests are now complete, and
preparations are being made to conduct a comparable program on
a YF-12 airplane. This airplane (fig. 32) will permit the study
of an axisymmetric, mixed compression type of inlet, Such an
inlet presents new problem areas not encountered with the ex-
ternal compression F-111A inlets. Included are inlet unstarts
and the effect of bypass flows on airplane aerodynamics. The
large unsymmetrical drag resulting from one inlet unstarting
Figure 32. Photograph of the YF-12 airplane. while at cruise speeds near Mach 3 can cause severe handling
problems and possibly complete loss of control.

Like most mixed or internal compression inlets the YF-12 inlet requires air to be bypassed ahead of the compressor
at some speed and power conditions in order to maintain the terminal shock at the proper position. Preliminary flight
studies in which tufts were photographed with a motion picture camera mounted in the fuselage showed that the bleed and
bypass flows from the nacelle caused a large separated area in the wing-nacelle juncture region and pulsating flow along
the surface of the nacelle. These flow effects are illustrated in figure 33, which was taken from reference 7, One-
twelfth-scale model tests in a wind tunnel at the Ames Research Center showed that bypassing 37 percent of the intake
air, a realistic value for some flight conditions, causes an increase in the overall airplane drag by an amount nearly
equal to the zero-lift drag.

A schematic view of the inlet showing the location of the various sensors is shown in figure 34, Measurements at
the tip of the centerbody will indicate the total pressure and direction of the airstream reaching the inlet. Static pres-
sure orifices will show the location of the terminal shock, even when the inlet is unstarted, and enough of these sensors
will be of the high response type that shock oscillations can be measured. There will be three internal boundary-layer
rakes, one close to the throat and two farther downstream. These boundary -layer probes will be connected to dynamic
pressure transducers so that rapid variation and oscillations of the boundary-layer pressures can be measured. Al-
together, 50 to 70 dynamic pressure measurements will be made in the inlet.

Bleed and bypass flows will also be measured in flight. To make such measurements without an excessive amount
of instrumentation, tests will be run on a full-scale inlet in the 10-by 10-foot wind tunnel at the NASA Lewis Research
Center to define and calibrate the duct flow probes. The wind-tunnel tests will also give an indication of leakage flow
through various joints and cracks. Sealing small cracks is extremely difficult because of the temperatures cncountered
by the inlet, and the leakage flow is beljeved to be significant.

The flight-measured performance of the YF-12 inlet will be correlated with data from the full-scale inlet in the
Lewis 10- by 10-foot wind tunnel and with data on 1/3-scale and 1/12-scale models tested at the NASA Ames Research
Center. Thus it should be possible to get an indication whether differences are due to scale effects or to basic
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differences between wind -tunnel and flight testing.
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Figure 33. Flow patterns on nacelle of YF-12 airplane as deter-
mined from tuft studies. Mach 1.5, forward bypass open.

CONCLUDING REMARKS

Figure 34. Instrumentation for YF-12 tests.

The steady-state and dynamic pressure phenomena in the inlets of two F-111A airplanes were investigated. A
new pressure survey rake incorporating miniature transducers and a slide valve to permit in-flight zero checks was
used at the compressor face and was found to yield excellent steady-state and dynamic pressure data. Analysis of the
high response pressure data showed the cause of compressor stalls to be high levels of instantaneous distortion lasting
for times as short as 3 milliseconds. In many instances, the distortion causing the stall was due to an out-of-phase
situation in total pressures on opposite sides of the compressor face. An inlet duct resonance at Mach numbers above
1.8 was analyzed by using time history and statistical parameters and was found to result from a normal shock oscil-
lation at the duct fundamental frequency. Another resonance in the fan duct of the engine during afterburning operation
may have affected the compressor stall margin, Plans for studies of the inlets of the YF-12 interceptor include flight
tests and comparison with full-scale, 1/3-scale and 1/12-scale wind-tunnel tests.
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